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Abstract

This paper discusses in detail the measures taken ot the Communications
Technolugy Satellité (CTS or Hermes) which provide protection against the effeets
of spaceéraft charging. These rméasurés include: a comprehensive grounding
philosophy and impléementdtion; provision of command and data lire transmitters
and recglvers for transient noise lmmunity; and a falrly réstrictive EMI
specification.

Ground tests were madé na materialg at the Lewis Research Center (LeRC).
The {mpazt sf these tests on .he CTS spaeecraft IS described.

Hermes, launched on 17 January 1976 on a 2914 Delta vehicle, has success-
fully completed 10 months of opérations, Anomalies observed are belng assessed
in rebl!&tighdto dpacecraft charging, but ns definité correlations have yet been
ggtablished.

The paper énds with a list of enclusions with regard ta the CTS experience
and list of recommendations for future spacecratft,
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L. INTRODECTION

The Comimunrlcations Tedhnology Satellite 18 an expoerimantal communicationa
satellite, operating in geosynchronous orbit. CT8 was a jolnt project of thd
Cormimunicat{ions Rescareh Contre, Ottdawd, Canada and NASA Leéwis Reseéarch
Centor, Cleveland, Ohlo, Major componetita were provided by the Europcan
Space Ageney.

The purposé of CTS was tu demonstrate the téchnological and social poss‘sil-
{t{es of & high power (230 W) SHF transponder on the spaceceraft used tn conjunction
with small low ¢ost earth tarminals, The high pdwer demarided a three-axes
stabilized configuration, large deployable sun tracking solar arrays, and thermal
requirerments whereln almost the éntlre external surface of th&spacecraft Was
dielectric. CTS probably had more static tharge acéumulating area than any
prevlous spacecraft in syhehronous orbit, Figure 1is & photograph oi thé flight
modél with the deployable arrays extended, Each déployablé deray blanket is
21.4 ftby 4.2 ft, Theé substrate is & Kapton-flberglass laminate, The solar cells
are covered by ronconducting ¢ovérglasses, On the body of the spacecraft, the
diglectric areas are:

(1) Solar ¢ell coverglasses and fiberglass substrates cover the east and west
parals,

(2) Thermal blankets cover almost the etitire fsrward and aft panels.

(3) Kapton shields, not installed in thls phstograph, provide therrmal protécs
tien. for the SHF antennas.

(4) Second surfacé mitrsrs, thermial blankets, and paints cbver the north
and south parels,

(8) A thermal radiator fin extendlng forward from the south panel is part of
& variable conductance heéat plpe system that provides coollig for the SHE Trans.
mltter Experiment Package (TEP). Bath aides of the fin are covered with s{lvered
Teflon.

The largest condusting external surfaces are the separation ring, the apogee
motbr nszz1&, and the Bistém bbbm behind the deployable arrays,

For thermal and EML reagons there are véry few holes into the tnter{se
volumes. Veritlng was provided by a few screened apertures, loose flaps On
thermal blankets that closed after adcett stage, and a thin annulus around the TEp
sollector, Eledtron penetration into the interior was thereby min{ni(zed,

The CTS projéct was started in 1870, and by 1974, when we fully récognized
the danger presented By spacécraft charging, the grglneeritig model tests were ia
progress end the flight model spacecrdft and subsystetns were being built, Major
chariges to hardware would have had an enoririous imipact on the project. Also,
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figure 1. The Communications Techhology Satellite (Ife.~ e .} i~ the Integration

Area, The deployable solar arrays extend from the norti and south panels

the weight requirements were very tight. Therefore, changes were considered
only if they Were relatively minor and if the consequences of not making them
would present a ::gnificant thré&at to tile mission. Fortunately, during the initial
design phase certain precautionary measures had been enforced that minimized
the modifications necessary to provide protection against spacecraft charging
effects. These measures included: stringent grounding to meet the Launch Safety
Requirements as detailed in range safety manual APETRR'l 127-1; stringent elcc-
trical interface design stundards to ensure electrical compatibility anti noise
immunity; and design and test £MI requirements based on MIL-STD-461,

In late 1974, at investigation was started in Lewis Research Center, with the
cooperation of CRC, to perform quickly the following tasks:

(1) Evaluate the magnitude of the danger.

(2) Obtain the electrical sighature of discharges that would occur on external
surfaces,

(3) Prepare a test specification for spacecraft level EMI testing using a spark
souce, This source was to have an electrical signature consistent with the results
of thie second task.

John Stevens set up an electron swarm chamberi1 and ran a very rapld and

ptolific test program.
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Primatily s a result of this work:

(1) The grounding of thermal blankets was improved.

{2) Teflon second surfaee mirrors were removed and reinstalled using ¢or-
ductive adhesive.

(3) A review was made to ensure eleétrical connéctions were made between -
all metallic parts and surfaces to the greatest podsible extent, Sormé improve-
ment~vere made.

(4) The EM! specification and interface protection circuits were reviewed.

(5) A cautious EM] test using a spark source was done on the flight spac¢é-
craft.

(6) A Transient Event Couhter (TEC)? wad included on the spacecraft to
detect hlgh speed noise bursts on three cable harness bundles.

No changes were made to subsystem components to provide extra EMI pi-otection
nor was any extra shielding added to the wiring harness.

Up to 10 months after launch We have had.two major faults that could have been
initiated by charge accumhlation or a discharge as described in Section 6. Also,
there have been several trips in a Traveling Wave Tube Assembly (TWTA) that
are prbbably caused by noise bursts on an internal command line. No spurious
commands have been expériénced and the telemetry has proven to be &ffectively
free of nolse,

The remainder of this paper describes in more detail the grounding rhethods
and the EM!I protection that were used. Two special tests, one on the command
belt antenha and receiver, and the secand on a sample of solar array, made in the
LeRC facility are briefly deseribed. The paper ends with & list of reconimendations,

2. SPACECRAFT WIRING AND GROUNDING

The CTS spacecraft uses a common electrical plarie ground configuration as
opposed to a single point ground scheme. Fbr the TEP only, special ground tires
are provided. Theé spacecraft structure primarily the nbrth, sbuth, forward and
aft decks providé the ground return paths.

The primary power, seconddary power, telemetry and commands werz carried
oh Wires grouped into four separate wire harnesses. The only spacecraft wiring
that was shielded were 5 volt power lines to logle circuits, data lines between
attitude control sensors and the attitude contrbl eéleétronics, and the reaction con-
trol systéem wirlng;

The only changed to the flight spagecruft to provide protection against chdrgirg
were made; to tmprove the rellability of the grounding of thermal blankéts and sec-
ond siirfacé mirtors, dnd sothé 8mdll metal parts,
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2.1 Grounding of tadividual Mounted Units

For all individually mounted units (IMU), except the TEP, the ground returns
fdr power, telemetry, and ¢ommands aré through the dpacecraft strviture, The
primary grouhd connections for the IMUs are through their mounting surfaces,
The requirements for IMU grounds were for less than 2,5 mQ between the IMU
and the mounting deck, and fbr less than 25 m2 between any two IMUs. Secondary
ground returns were provided by wires from connectors to a nearby ground lug bn
a Mounting deck.

For the TEP separate ground wires were run from the TEP unit to the tele-
metry encoder, cbommand decoder, and to the main power ground on the north
deck. This arrangemert kept the interface between theé TEP and the spacecraft as
simple as possible. andit also igolated the large current drawn by the TEP from
the grouhd plane Used by the rest of the spacecraft.

For the telemetry channels that required extra noise imraunity for higher
accuracy, wires were ruh from the ground oa the telemetry encoder to differential
circuits in the IMU. These wires are used for voltage reference only and do not
carry return currents.

2.2 Grounding of Thermal Blankets

All thermal blankets are provided With grounding connections. Blankets With
an area of less than one squaré foot havé one graund connection, and blankets &¢
larger area have two or moré grounds.

Figure 2 shows three ground configurationrs, types |, ¥ and IX. With type |
and V the metallized layers, without the intérlayer scrim cloth, are extended in a
tab, a strip bf aluminium fbil 0. 001 in. thick anu 0.5 In. wide IS woven between
the layers, and the tab is then riveted With washers top and bottom. With type | a
solder lug is inciuded, and with type V the aluminum foil i3 extended for attachment
to a deck ground. The aluminum foil provides a pbsitive ground conreétion to each
layer and it also provides contact over a reasonably large area. Other types from
| tb VIII are variations of either lor V. The type IX is a less secure grourid, The
aluminum fdil 1§ wrapped around the outer layers only and ¢ontact to inner layers
is made by ocecagional contact to the rivet. NO ground 6f type IX were used on the
flight model of CTS.

.-.2:3_ Grounding of Second Surface Mifrors (SSM8) and Stlvered Teflon-Electron

Swarm Tests at LeRC

In the LeRC experiments, it was found that quartz SSMs produéed relatively
few and weak discharges. The quartz mirrors on the north and sastth parels were
bonded with a nondorductive adhesive and were not changed. However, silveréd
teflor produced very fréquent {riterise didcharges and so the teflon SSMs on the
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north and south decks Were rermoved and relnstilled using ¢ conductlve 4dhesiuve,
The dlscharges on silvered.teflon bonded with noncsnduétive adhesive not only
produced elsctricél nolge but also 4 considerable quantity of the silver was eroded,
This indicated that duriag the electron irradiation. the silver layer Wes being
charged, by leakage or pbsslbly by micro-discharges from the surface. It also
meant that metal tb metal arés were securring, In a simulated 2 year mission,
test on 2 sample representative of the TEP radiation fin about 12 pércent of the
silver was ércded, This erosion wodld have dé¢réased the thernial radiation from
the fin by increasing the average absorbitivity and by decreasing the heat conducted
fromt the fin substrate into the tefldn. The erosion could prbbably have been
tolerated, without increasing TEP componeént temperatures above acceptable
limits. However we felt that the EMI generated by metal to metal azes was likely
to be much greater than the discharges off the surbce of the teflon. The teflon
was therefore removed from most of the fin area and rebunded with a Conductive
adhesive.

3. ELECTRICAL PROTECTION AGAINST EMI GENERATED BY DISCHARGE

3.1 General EM Specifications

No speclal measures were taken to protect units agatnst the EMI that could be
generated by discharges. However, the éx{sting Specified limits for susceptibility
to conducted interferénce on pswer itnés extended from 30 Hz th 40 MHz, In the
range where EMI from discharges is expected, 150 kHz to 40Q MHz, the litnit dad
the 1 percent of the supply voltage or 1volt RMS whichever was greater, Also
units had to tolerate on any power Pail, without malfunction, a spike of twice the
nominal supply voltage or 50 volts whichever was less. The spike rise time was
less than one ysec and the duration was 10 uséc,

3.2 Command and Data Line Interface Circuits

Command and data line transmitters and recelvers Were used to provide
imrmuntty from noise and fast transients on command and data lines. The charac-
teristics of these interface circults are listed in Table 1. Figure 3 show typical
applications for these Circuits. The interface circuits were purchased tb a stngle
set 6f gpeéificativnsg and furnished ts contractors as GFE items. Although not all
¢ontractors used the GFE éircuits, generally alternate ¢ireuits provided similar
{nterfase characteristics.

i the spacecraft level testing with the spark source (se¢ Séetion 5), the typical
noise buret generated by the spark was & few volts htgh and about 200 nsec long.
The interface eircuits would protect adequately against this.
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Table 1. Characteristics oF the Command and Data Line Transmitters and
Receivers

COMMAND L INE OATA LINE COMMAND LINE
TRANSMITTER TRANSMITTER TRANSMITTERS [N THE DECODER
“0% LEVEL .25V @ -26 yA L25V 6 -20 YA | 0ty .iv
"1" LEVEL 3.8 0 10 mA 3.8V 6 13mA 3.V e 10m
FALL TIME 100 uS 148 50 u$
RISE TIME 100 8 1S 50 u$
OELAY TIME "6" 10 3.2V 100 yS ("o" 7O 2.0V) 50 uy
DELAY TIME "¢" TO 75V 100 uS ("1" T0 .6V) 50 pS
COMMAND LINE DATA LINE
RECEIVEKS RECEIVERS
"0 LEVEL .78V @ -3 LA TSV 0 -3 A
“1 LEVEL e 25 ma 3.3V €25 mh
DELAY TIME 0" TO 2V 100 us
DELAY TIME "1" TO SV . 100 uS
TRANSIENT REJECTION 5 VOLT PULSE 5 u$ VOLT PULSE 1 S
NOISE REJECTION 5V RMS @ 10 MHz 5V RMS @ 10 MHz

BASIC CONFIGURATION

REDUNDANT DRIVER TO SINGLE LOAD

REDUNDANT DRIVERS TO RERUNDANT LOADS

Figure ?, Typict) Applications tor
°-{>°—{b¢ T (R _Iiterfus: Circuits

SEPARATE DRIVERS TO A COMMON LOAD

¢
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3.3 Telemetey Intotface Requiraments

The réquirements for analog voltages, flags and digital words that are inpbt
tb the telenietry encodér are listed In Table 2, The types of input protéction it
the enebder are also listed. The telemetered data has preven to be éffectively
free of noise. Generally, analog channels show mbch léss thari one bit of roise,

3.4 Special Tests-on the Comiiand Receiver at NASA Lewis Research Center3

The telemstry/command belt antenna is a pattern of meétal patches and féed
lines on a fiberglass-teflon substrate. The substrate is backed with alumihum
sheet. The belt antenna is completely exposed to the external particles and we
were concerned about podsible interference to cornmarnds or ranging, and possible
damage tb the thin feed lines.

Two short tests Were set up in tht? LeRC electron swarm chamber, First, a
short section of belt antenna was placed in the tank facing the electron beam. The
command output from the antenna Was connected into the engineering model filters
and command receiver, The receiver ranging and command outputs were moni-
tored. With a 20 keV beam discharges did occur though nbt visibly on the belt.
The largest arcs produced a short duration 2 séc, 806 mV pulse on thé receiver
ranging output. No disturbance was apparent oh the comrnand output. The pulse
on the ranging mode Was judged to b& bf no consequence. For the second test, the
belt antenna was placed in the tank with the metal grouiid plane facing the eleetron
beam and the forward side facing a 6 ill. x 8 in. sample of silvered teflon, The
teflon produced frequent high amplitude arcing. Nao effects were observed on the
receiver ranging or command outputs. After the test the belt was caréfully exam-
ined; nb damage was apparent on the feed lines.

4. THE DEPLGYABLE S0LAR ARRAYS

The large iight weight deplbyable Solar arrays are uniqueé to synchrorous orbit
spacecraft. The array substrate i 0.001 in. thick kapton laminated with a fiber-
glass/polyester layer. The solar cells art caretally bonded to thé substrate so as
to léave the gaps between the cells free of opaque adhesive. The substrate is
about 30 percent transparent to surlight, the ginss fibers will scatter some light
into the areas behind the solar cells, Therefore there will be a certatn amourt of
photoelectroti emission from the rear surface, and the substrate condictivity may
be increased b photoconduction effects. The arrays arc?nevertheless the largéest
area of exterral shadowed diélectric on the spacecraft and cornsequgntly are possibly
sources of freqiuent discharges.
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Table 2. Interface Requiréments for Telemetry

ANALOG SIGNALS

NOMINAL RANGE
FULL SCALE

ONE BIT

SOURCE IMPEUANCE

LOAD IMPEDANCE

F2G SAMPLING
ECugER INBUT PROTECTION
BEFORE ANALOG SWITCHES

0V TO 5.0V
ov T 5.1
20 mV
<5 K

1.0 M

4,7 Kk RESISTOR T [PéODE
CLAMPS TU +5,6v &-ld-

GROUND.., .— - -

FILTER AFTER THE ANALOG
SWITCHES-TIME CONSTANT 10 w8

FLAGS
FLAG 4.0V TO 5.5V
ZERO ov to .7v
DECISION THRESHOLD 2y
RISE TIME 1uS Th 10 §S
SOURCE IMPEOANCE <5 KQ

ENCODER INPUT PROTECTION

75 K RESISTOR TO DIODE
CLAMPS 10 +5.6V. AND
70 GROUKD

DIGITAL WORDS

WORD "1"

ZERO

RISE TIME

SOURCE IMPEOANCE - "1"
ngm

ENCODER [NPUT PROTECTION

4.0V TO 8.0V
oV TO .28V
1uS Th 10 uS
<1.5 K

<2.5 K

o 'N"_'i 68K

5.6V

27K =




Tests wére made o a small section of array in the 1LeRC chamber, with
electrons incident on the rear side of the array. In a dark chamber, weak dis-
charpges occurred with visible polnts of arelng, primarily inthé vieinity of inter-
connects between the cells, Measurements of the electrical output of the cells
before afid after the test showed that no detérioration resulted frbm the discharpes.
NO changed to the arrays were considered because the flight Units Were completed
at this time arid only a catastrophle failure would have foréed any modifications,

Flight data fas shbwn no unusual ele¢trical degradation of the arrays,

Launch ESTEC has made further tests on an array sample,4 with bath a dark
chamber and with a light sourcs iiluminating only the solar cell side of the sample.
They have observed dlscharges with an illuminated sample at temperatures -10°C,
Except for transit through eclipse and immediately after the eclipse, the fowexst
temperature of the flight arrays is 40°c, This test wbuld indicate thht there are
possibly no discharges off the arrays in sunlight, _again except for a few minutes
after eclipse exit.

5. SPACECRAFT LEVEL EMI TESTING WITH A sSPARK SOURCE

Baaed on mieasurénients in their experiments, the LeRC group made a spark
source for the spacecraft level EMI test. The sourcé discharged a 500 pF capaci-
tbr, charged to 10 kV across a spark gap. The distharge was underdamped with a
ringing fréquency of 25 MHz. THe spark repetition rete was about 5 pulses per
second.

A series of tests were made on the flight spacscratt, These tests were
cautious beécause we Were uaing the flight spacecraft with no previous test experi-
ence. Alsb we Were very uritertain as to the tiagritude of the surface potentials,
and discharge current's that would be experienced in space. A report by Shkarofsky
and Tam® Indicated that the rear susface of the deployable array blanket could
charge to 4.4 kV and that the correspbnding energy density would be 0,27 mJ/cm2,
The 2.5 mJ {n the sparker Would therefbre correspond to discharging 100 square
centimeters of blanket. The same report indicated that the TEP radiator fin could
charge to 23 kV and the 2.5 mJ would correspbnd to a discharge of only 10 square
centtmeters. It wad felt that these figures, and the test results from LeRC repre-
sented "'worst case' sttuattond; however, they were sufficiently alarmlng to justify
the spacecraft level test.

For the test, the d&ployable arrays were deployed as shown in Figtire 1.
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5.1 Deployable Army Fests

The purpose of this test wad to simulate the occurrencé of arés on the rear
surface of the deployable array blanket, The procedure was for theé spark source
to beé Held about ! m from the rear surface of the blanket and to be moved slowly
towards the blaiiket. During the arcing, the telemetry output connéction ot an
atceleronieter mounteéd on the tip of the array was monitored with a high speed
oscillescope, Each spark generatéd a noise burst. For reasons of caution the
approach towards the array was stopped when the noise burst exceeded § volts
peak to peak. Thig wad done at three vertical positions, first opposite the instru-
mentation wirihg on the array centerlii¢, second opposite the Areas containing
solar cells, and third opposite the power wiring along the edge of the blanket. At
the centerlifie pogitions the closest apprbath was about 30 cni, at the power wiring
the Closest approach was aboht 3 cm (as close as thé cover od the spark source
allowed), During the test telemetry channels assotiated with instrumentation on
the arrays was rnonitored on strip charts. After the tests a computer search of
all the spacecraft channels was made. During all the sparking nb telemetry data
was observed that could have been attributed to the arcing.

55 TER.Radiator Fin Test

Fbr this test tlie spark sourceé Vas held close to the radiator fin, on both sides,
but 4t some distarnce from sensor wirihg. Selected telemetry channels associated
with the TEP, particularly thbse temperature sensors mounted bn the fin were
mohitored on strip charts. No change in output was observed.

5.3 Thermal Blanket Tests

In this test the spark source was held near thermal blankets on thé¢ forward
deck, but for reasons of caution, not near to sensors. Theé computer séarch
showed no unusual telemetry data.

obviously a more comprehénsive set of tests would have beerl desirable but
only with previous test experience on nonflight hardware.

6. ANOMALILES

The pbwer subsystem is divided tnto two independent sections: housekeéping
and expériments as showr in Figtire 4. The housekeéping section has three power
sotrces, the body mourted soldr array, the deployablé array and batteries, All
sources are contiected to the unregulated bus with isolating diodes. The expéri-
ment section obtains powér from the deployable arrays only. The voltage sensor
on the expertment unregulated bits is on the array side of the over/under voltage

switch. X
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Figure 4. Power Subsystem. (a) Housekésping section, and (b) experiment
section

On 8 June 1976 at 06:43 GMT (22:59 spacecraft time) a shart Circuit bccurred
on the expertment unregulated power bus, Immediately the short occurred, the
over/under. voltage switch disconnected all Bpaeecraft loads from the arrays. The
short continued 24 sec then cleared itself. The most probable location for the
shbrt circuit was on a board containing the power {solating disdes, This bbard is
mounted on the inboard pallet on the deployable solar arrays, and is comipletély
exposed to the external enivironment, During the 24 s&e the voltage on the experi-
ment bus varled erratically between 19 add 42 volts, behaviour typical of an arc.
Also the TEC recorded many noise bursts ad the array power and {ngtrumetitation
lines during the Ist, 18th, 2lst, 22nd and 25th sec¢, These bursts were probably
generated by the shbrt circuit. The TEC had nbt recorded any trarnsients in the
2 hr proceeding the fault. A nioderate substorm had been observed a few hours
earlier. A microméteorite hit, charge accuniulation or 4 small discharge result-
ing from charge actumulation on the diode board could have iritiated the short
cirecult, The fault has net reoccurred.

On 28 September 1976 the housekeepliig Secondary Power Inverter and all
associated subimodules tripped off. Unfortunately, this Inverter supplied power to
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the telemetry eficoders so we immediately lost data, The Inverter was turned on
some hours later arld It has functioned normally since, A very large transient on
the power bus could have ¢dused this fault, The TEC had not reglstered counts in
the previous hour and tho méagnetosphere was quiet. This anomaly Is still uhder
consideration.

Since launch there havel Beén absut 20 unexplained t#ip=offs on the power ¢on=
vertér (EPC) assoclated with a 20 W TWTA. The EPC can get its turn off com-
rdand on an intérnal coraniand line. The EPC does bat use a command line receiver
on thls liné ard it i known that a noise bupst will result in atrip, Noné of tHe
trips occurred coincident with TEC counts or with other spacecraft commanding,

However, it i8 possible.that discharges could be introducing fast noise bursts and
¢ausing the trips.

7. CONCLUSIONS AND RECOMMENDATIONS

During thé first 8 months of flight operations on CTS, we have ¢xperlencéd:

(1) No ancmaligs commands (except the 20 W TWTA trips).

(2) Effectively noise free telemetry.

(3) Two major anomalies that could pessibly have been caused by charge
accdmulatidn or discharges.

(4) Several trips on the 20 W TWTA powér cbnverter where a command line
tratsmitter receiver was not used,

(5) No urusual degradation on the electrical performance of th¢ flexible arrays.

From & spacecraft charging point of view, the important design featires. on
CTS are:

(1) A unified ground plané configuration wad used, thus sawing the weight of
return wiring.

(2) Command line and data line transmitters and receivers were used to
achieve immmunlty from fast trangients,

(3) All layers of the thermal blankets and all metal parts were grounded.

{4) Teflon second surface mirrors were hondes using Conductive adhesives.

(5) Pew wires were shielded, therefore the wiring harness wes as light as
possible,

(8) Vvery little weight was added for protection against charging.

(7 A simple trandient event counter was flowsi,
Baded on the CTS éxperierice, | would make the following recommendations:

(1) Use comirie’ - . data l{ne interfate circilts whkh provide protsction
againgt short, bigh:» - ansients,
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(2) Hond second surface mirrors including quartz ones with conductive
adhestves,

(3} Ground all-layers of ali thermal blankets using a grbund configuration of
Type | o¥ bettor,

{4) Ground all metal parts,

(8) Carry out a spacecraft level test on the engineering model, using a very
fast spark source, to cstablish the electrical signature of transients on powér,
command, and telemetry lines,. These data should thed bo used to specify EM1
protecttoh on flight model units. A cornprehensive test shotild be made on the
fitght spacecraft.

(8) EMI speclfications should include limity on emission and guszeptibllity
on telenietry and comiriand lines.

(1) Transtent sensors shbuld be carried. These sensors should bé of more
comprehensive and sophisticated design than the CTS TEC.
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